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OF A RA" UKD! COmT-G THWSIXCE BURFERS 

B y  John R. Henry 
! 

The performance of a n u b j e t  unit consisting of an intake  diff'user, ! 
an exhaust nozzle, and a cluster of thin-plate burners contained in a 
eamicircular ccrmbuetion  chamber was investigated in the Langley induction 
aerodynamics laboratory. D a t a  were taken over a fuel-air-ratio  range 
fram 0 t o  0.049, a fue l  flow range frm 0 t o  3100 pound6 per hour, at  I 

cambustioll-chamber inlst velocit ies f r c a n  40 t o  195 fee t  per second, and I 

at simulated free-stream Mach numbers fraen 0.20 t o  0.55. 

Ccrmbustion efficfencies fram t o  72 percent were obtained. A t  the 
higher f u e l  flaws investigated, marked decreases in  cauibuetion efficiency 
resulted frcm increases i n  fuel flow. This  characterist ic  led  to  the 
conclus&on that operation under high"thrUElt"0utput conditione would not 
be feasible. It was estlmated that t.he c&uatiwhaniber performance 
obtained in the subsonic t e sk tand   i nves t iga t ion  would produce at  
superaonic flight speeds thrust  coefficients  regarded as too law t o  be 
practical  . 

i 
TIIB cycle-efficiency a d  propul-8ive-effictency  product of the ram-jet 

unit X ~ E  approx5matel-y 80 percent of that for a ~ e s s u r e " 1 0 s s  unit 
under the same conditione of operation. 

The performance of the intake ,d i f fwer ,  which had an area r a t i o  
of 2.14 t o  1 and an equivalent  conical angle of expamian of 16O, waa a . 
unique  Yunction of inletAboundary"layer'. thickness. Over 99 percent i 
diffuser  efficiency waa obtained when the boundary layer at  the inlet was . 
cnmpletely eliminated. 

I 
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T h i s  paper is concerned w i t h  the  determination of subsonix perfolPlance 
characterist ics of the r-jet burns .  and cambustion-chamber asaambly sharm. 
in   f igure  1. T h e  burners and semicircular cambustion chamber were designed 
i n  1942 for  application as a speed booster t o  be mounted on the d e r  side 
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of a f igh ter   a i rp lane .   Inf t ia l   t es t s  were run in  the l a t t e r  part of 1942 
i n  a 3-foot ccanbustion  wind tunnel a t   t h e  Langley Laboraliory. To adapt 
the model t o   t h e  tunnel a nozzle was placed upstream of the cabust ion 
chamber,  and t o  obtain the maximum ai r  flow for the  parer  available  the 
products of cambustion-were  discharged through a diffuser. Due t o  low 
tunnel power and lack of instrumentation not many significant  quantitative 
resul ts  were obtained; howqver, crude measurements indicated a %percent 
combustion efficiency a t  a fuel-air r a t i o  of 0.025 w i t h  an  inlet   velocity 
of 75 feet   per  second. 

Although rocket d e v e l o p n t s  s o w  outmoded the speed-booster appli- 
cation of the thilz”plat4burner, the perfarmance under higb-thrust+mtput 
conditions wag of interest  far posslble  application  to  supersonic  aircraft. 
When the blower f a c i l i t i e s  of the Langley induction aeroaynamics laboratory 
became avai lable   in  1945, an   inves t ip t ion  was in i t ia ted   to   ob ta in  more 
cmprehensive burner performance us ing  a test setup  simulating as closely 
as possible a flight  configuration. The simulation consisted of replacing 
the intake nozzle w i t h  an intake diffuser and t h e  exhaust diffuser  with an 
exhaust nozzle and bleeding off the boundary layer a t  the  diffuser i n l e t .  
Preliminary  testa were run in  which the burners were modified t o  obtain 
approximately the  maximum performance for the  present  burner  configuration. 
The use of two  1000”horsepower centrifugal blowers and a high-capacity, 
positive4isplacement fuel pump permitted test-ing over a wide range of 
fuel and a f r  flaws up t o  back pressures a t  the  diffuser inlet corresponding 
t o  a simulated f l i gh t  Mach number of 0.55. The data have been analyzed 
i n  a  manner similar t o  that of reference 1. An eathaate, based on the 
subsonic  test-atand data, of thrust   coeff ic ients   a t  supersonic flight 
speeds is presented. 

The following symbols are used throughout the paper: 

crosa”sectiona1 area, square feet 

thrust coefficient 

specific heat at constant  pr.essure, Br i t i sh  thermal wits 
per pound per degree Fahrenheit 

thrust, p-ds 

acceleration due t o  gravity, feet-per second per second 
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V 

. 
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.M Mach  number 

w_ 

P t  absolute   total  pressure, pounds per s q e e  foot 
Q 

mass flaw, slugs per Eeccx& 

P 

PO 

Q 

R 

T t  

T 

v 

Wa 

wf 

Y 

absolute  static pressure, pounds per square foot 

absolute barometric pressure, p-8 per square foot 

dynamic pressure, pounds per square foot. 

gas cdnstant, f ook+gaundEl per pound per aegree Fahrenheit 

total temperature, de&ees Fahrenhett absolute 

s t a t i c  temgemture, degrees Fahrenheit absplute 

velocity,  feet per s e c d  

I 

c 

80 r a t i o  of- absolute  barometric pressure t o  m C A  standard 
atmospheric pressure at sea level, 2n6 pOUna6 per square 
foot absolute (po/2n6) 

rl o v e r a l l  eff fciency 
1 

q’b combustion efficiency 

9tC thermodpamic-cycle  efficiency 

‘la 

TP 

- diffuser  efficiency 

p r o p ~ ~ v e  efficiency 
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r a t fo  of absolute   total  temgerature a t  exhauat-llozzle e x i t  
t o  absalute   s ta t ic  t_amperature at IU 
conditione a t  sea level, 519O F 

r a t i o  of absolute total temperature at  exhauet"nozz1e exit 

Subscripts: 

0 t o  7 conditicms at the comessmdhg  S ta t im  ind ica ted  in  figure 7 

X point in any cross section 

Y point between s t a t ions  3 and 4 
. I  

Figure 1 shows the ccndbustTondhamber shell t o  be a samicircular 
section suspended fPm a flat, horizontal  .structure  cataining a bu5l-L 
up t russ .   he d - i n c h  space  containing the truBa iemed aa a cool- 

shroud for the  top of the caub&Ton  chamber. The .cooling of the ourved 
portian of the ccsnbustiorwAwiber walls was provided far by ,the addition 
of a ~hrazd giving a cooliry5-air passage measuring I inch bevween inner 
and outer  wall^ . The cabustimhanibc33? length wa6 increased to 5 f ee t  
t o  obtain more canplete cambustion at the higher fuel flows. . The fuel . 
l lnee  were  altered so that the individual  lines fram the burners were . 
manifolded outside of the ccanbwtion chamber, ipstead of inside, f n ,  

order t o  simplify maintenance of the seCup. 

Fuel was B r o u g h t  into  the burners by. two lines, the pilot and k i n  
feed lines, as e h m  i n  figure 2. The p i l o t  fuel traveled through the 
pTlo% distributor rake and was projeoted in 0.02k-lnch-dieuneter ' 

streamE12agaimt the inter ior  walls of the upstrsam region of the p i lo t  
housing. The fue l  i n  l iqu id  cqndition wae ignited on-and burned f r raa  
the w a U 8  of the pilot housing. The pi lo t  housipg created a low-velocity 
r e g i a ,  neoeseary for the  ignition and eristence of the  pilot  flame. The 

32 

The burners used were modified versions of that shown in   f igure  2. 
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main fuel was i n i t i a l l y  heated bg. the p i lo t  fhke before  entering  the miin 
boiler. It received further heating in the boiler and then issued from ' 

the vapor-jet orifices.  The amall main vapar jets were ignited by the 
sheet of flame fYcnn the  pilot  burner and then in turn  i e t a d  the large 
main vapor jete, which bad greater penetktion. The heat for the main 
bo i l e r  was .supplied l a r g e l y  by the burning of the large main vapor je ts .  
A camon-rail  igniter tube interconnected  the  five  pilot housings so that, 

traveling fram other  pilot  housings  under the back pressure due t o  cadbus- 
t im. The all blockin@; of the t-plste burner was achieved by the 
lrvlTlTtnr of. mixina ;  the fuel with the air during the cmibwtion  process, 
which allowed a burner of amall frontal mea to 5-e a cabustion  region 
of re lat ively large cross  section. 

t 

\ ,.e the flame fal tered in am haus-, ignit ion would be  provided  by flame 

I 

During preliminary rum the p f l a t  burners as sham in figure 2 did 
not  function  properly at the higher caribustiau-chamber inlet velocities. I 

. To correct this  shortcnmfna, the  pi lots  were modified as s h m  in figure 3: I 

the  velocity in the   p i lo t  houeibg was reduced by closing off the 

f lared skirts  probably a l so '  induced a certafn amount of turbulence in the 
region- of the pilot-housing trailing edge which may have aided the cauibuetion. ~ 

capacity w i t h  3100 p&s of fuel, per hour and a cabuation-chamber 
inlet   veloci ty  of 145 feet per second. Cambustion-dmmber inlet 
velocit ies up to 300 feet   per second were obtained by  removing the 

f p i l o t   a i r   i n l e t s  'with drilled r ive t s  SBd flaring the p i l o t  sBirts. The 

P The modified  configuration aperated sat isfactor i ly  up t o  f u l l  blcrwer i 

- j e t  discharge nozzle and decreasing  the  rate of fuel injection in  
' order t o  reduce the  resistance  to flow. .t 

The proportions 'of the  diffuser  tested a r e  shawn diagrakuatically in  
the sketch  figure 4. The configuration of the  diffuser exLt was 
determined by the c a i b u s t i m - c ~ e r  Ehape. The in le t  ahape was made 
stmi- t o  the exit shape except foG fillets located in the two ugper 
co1pBrs. The diffuser had an equivalent angle of expansion of 160 and a 
r a t i o  of exi t  t o  i n l e t  area of. 2.14. The diffuser  installation is shown . 
i n  the photograph of figure 5. 

The exhaushozzle  cross  sections were made gecanetricaUy similar 
t o . ' t ha t  of the canbustimhmiBer cross section. T& nozzle exi t  area 
of lk square feet was chosen as a result of pre1huimz-y calculations  to 

determine that area which would produce the maxirmmL thrust at a f u e f k r  . 
r a t i o  of 0.03 with  the blower air  flow and pressure r ise5 available. The 
nozzle walls yere designed t o  produce an area variation approach'ing zero 
a t  the exi t .  

2 

The a i r  flow was supplied by two 1-000"horaepower centrifugal blawers, 
series connected, which made available 38,000 cubic fee t  per minute 

I 
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a t  a pressure  rise or lw inches of water. The flaw c e i t f o n s  desired 
a t   t he  -Jet air intake were obtained through me of a fine n3sh screen 
in the low-velocity ducting upstream of the irrtake, and a boundary-layer 
bleed gap immediately preceding the  intake. A photograph of the ram-jet 
uni t   ins ta l led  in  the t e s t   c e l l  is preaented a s  figure 6 .  

The fuel burned in the ram Jet =E an unleaded 6" gasoi-lne. 
The fuel was pumped through a 3o-@;Etllon surge tank, a f i l t e r ,  -rotameters, 
control valves,  and the bWners. The fuel pressure in the boilers was 
af the mder of 2 t o  5 psi  gage. The ignition was operated f'rasn a 12-volt 
parer aource, and a s m - l e c t r o d e  U)-millimeter spark plug was used t o  
produce a s p r k  fram the center of each pi lo t  housing t o  the pi lo t -wal l .  , 

T h e  inetrumentation on the -Jet unit  consierted primarily of 
pressure  tubes and thermooouples, layouts of which are  sham in  figure 7. 
IR addition to the preaaure t u b e  sham there were three rows of wall  
stati-pressure  orifices a the  diffuser and a single rcnr along the top 
of the ccanbustion chamber. gll the pressure tubes a t  statim 3 were 
externally watm+cooled. A self4alancing potenticrmeter accurate 
t o  &lo E: was used t o  read the themnocouple temperatures. A l l  the  pressures 
were  made t o  indicate cm a 72-tube  dzancaneter board tbraugh the use of 
pneumatically  operated pinchboards, sad the  pressures were photographfcaU,-$ 
recorded. A l l  indicating, instnqnents, controls, and t es t -  perso-1 were 
haused in  a soundproof operatjng booth. 

The main p r o m  wag dfvided *into two ser ies  of tests consisting of' 
constant-f'uel-flav and variable-blawer-speed runs, and vice  versa. Each 
of the series covered the sasre variable ranges ao that a direct  cross 
check was obtained' on the reproducibility of the  data. T b  fuel flaw 
range extended f r o m  0 t o  3100 p a s  per hour, and the blauer speed rawe 
extended fram maxtmm rotational speed t o  the lowest rotational speed 
at  which the nozzle-exit . gas temperature did not exceed approxi- 
maC,ely 2 h O o  F. .Higher  temperatures than 24000 F produced failures i n  t k  
setup f'ram overheating. The runs lasted about 2 minutes during which fuel 
flows, tmperatures,   blowewive  parer frequency, and mancnneter photo- 
graphic data were recorded. A running record.&  certairt key pressures 
obtained  through the u e  0.f airspeed  indicators was maintained t o  insure 
uniform tes t   resu l t s .  The ranges of v a r i a k l e ~  covered in the program are  
listed i n '  the follow- table. 
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COMPWIATIOR METHODS - .  

A diagrammatic sketch of the simulated ram-jet  configuration is 
presented in  figure 7. s ta t ions 0 and 7 are  by definition s-t;atim 
a t  which the  static  pressure is eqml t o  the f're-tream s t a t i c  pressure; 

. adiabatic flaw was assumed between stations o and 1 and between stations 5 
and 7. In o d r  to  calculate the parameters  presented in this paper 
it was necessary t o  determine a-t a l l  quantities  identifyin@;  the flow 
at a l l  stations except s ta t ion  4. The methods used in obtaining  these 
quantit ies  are  outl ined  in the follaw- paragraphs. 

The static-pressure  variations at  stations 2, 5, and 6 and t h e   t o t a L  
temperature  variations at  stations 2 and 6. were EO enran that arithmetic 
averages of the data reading could be used. An exact  determination of the 
average total   pressure at s ta t ion  5 waFtld have required knowledge of b.oth 
total-pressure and tdimperature variations  across  the  section. D a t a  f r o a n  
preliminary t e s t a  in  which thermocouple measurements were taken at.  s ta t ion  5 
were  used t o  obtain an indication of the order of magnitude of the dis- 
crepancies between arithmetic and weighted averages of (R, - PO) The 
arithmetic  average  differed fram the weighted by less than 5 percent for 
a l l  cases. These inaccuracies were not considered of sufficient magnitude 
t o  I just i fy  the added work of data reduction and cmplication in imtru- 
mentation necessary t o  measure tenrgeratures, especially in view of the 
irregular i ty  of the total-pressure  gradients, examples of whfch are 
presented in   f igure  8. Therefore, the average t o t a l  pressure at  s ta t ion  5 
was obtaiped by arithmetic  averages of the tube  readings. The s t a t i c  
pressure at s ta t ion  lwas determined through the w e  of a Calibration 
of the  three  static-tube  readings  taken a t  s ta t ipn  1. The calibration . 
was obtained by surveying  the s t a t i c  pressure at .=.   s ta t ion over a range 
of a i r  fluws for several   resistances  to flow obtained by i .mtal l ing 
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-screem 011 the nozzle elcit. The total pressure at  st$tion I was constant 
aoross the motion except for a  negligible area ad3acent to the wall. 

The tatal+ressure  readiws *am the two rakes at  s ta t ion 6 (see 
fig. 7) were used t o  determine a r a t i o  of the weighted average tqtal 
pressure to  the  center of the paaaage total pressure. The average t o t a l  
pressure at  the ebroud exit  vas taken t o  be the product bf t h i s  r a t i o  and 
the   a r f thmt ic  average of the  center of the passage tube  readings.’ Average 
measured pressures and taargeratures were plotted against fuel flow and 
percent of masdmum blower speed. A l l  calculations were made using faired 
values fram these curves, examples of which are preeented in   f iguree 9 
and 10. Figure g(a) shss  average mastaked diffuser6xi t   s ta t ic   pressures  
taken f h m  run6 made w i t h  constant fuel flow and varying blower speed. 
Similar data taken a t  collstagt blower speed and variable fuel flow a re  ‘ 

sham in figure 9(b), which also shows solid  points taken frau faired 
curves of figure 9(a). T h e  agrearpelxt  betwe- the curves and the sol id  
points  indicates the relat ive value of faired data  obtained by the two 
methods. S i m i l a r  data and campariaons a r e  given for nozzle-ez3t total 
pressure in figures IO(&) and ~ ( b ) .  

The follcrorlng a r e  relatione used in   the carputatTom: 

Velocity 
I r 

h a s  flaw a t   s ta t ions  1 and 6 

Dynamic pressure at   s ta t ions 2 and 3 - 

t 
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5 

Total  temperature at- s ta t ion  5 

Mach  nuniber at  s ta t ion  0 

, 

9 

I 

Ram-jet performance can be expressed in many different terms 
according t o  w h a t  purpose is .being  accmpl;ished. The. thrust force is  
a signif icant  quantity that can be direct ly  compared.wilth the drag force 
of the body to determine the resulting  equilibrium  level-flight qesd or 
the possible  acceleraticol at  a given flight speed a+ r a t e  of clinib. 
Thrust is often more usefully thought of in terms of a dimsneicaiLesEt 
coefficient C-J-, which is carpamble t o  the drag  coefficient of a b e .  
Neither of these  qu&ntities  ref'hcts fuel econany or efficiency of energy 
conversi.on. Overall   efficiency'  is the product of burner, the-+ 
cycle, and propulsive  efficiencies and exgreases ,the percentage of energy 
in the fue l  converted t o  thrust  energy. The reciprocal of the  over-all  
efficiency is proportional to   the  specif ic  fie1 conmmption and indicates 

' the fuel  rate  required  per unit thrust horsepover; 

I 

I 

I 

I 

A n  analysis of. the  relation of  r-Jet performanc'a- parameters t o  
f l igh t  Mach  number is given in reference 1. PerforPlance curves similar 
t o  those of reference 1 have been prepared frcan the  eta taken on the , I 

thill"plate-burner -jet configuration. A plot of reduced thru8t 
(thrust/%) against simulated fH&t ~ e c h  number is presented in figure U= 
Thrus t  was calculated us- the  following  equatioq: 

I 

t 

It is estimated that the thrust values shown in figure KL are accurate 
t o  L L O  percent. An analysis of figure k L  shows that for a given 

f l i gh t  Mach  number t o  a power which varies beween 1.8 and 2.1. The highest 
thrust  attained in the tests was 410 pomds a t  a Mach  number of 0.9 and a 

- temperature r a t i o  %he reduced thrust  is proportional t o  &he s-ted 

m temperatup  ratio T t  of 3.0. 
I 

" . 
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The relation of thrust  coefficient SF t o  simulated f l igh t  Mach 
number is presented in figure 12. Thrust  coefficient was defined a8 
f ollms : 

cp = - F 
@3 

The area A3 m e  used a8 the  refereme  area becaufle the cooling &mud 
would not necessarily be useid in a flight model. Thrust  coefficients 
fram 0.370 t o  0.397 were a t ta ined   a t  a temperature r a t i o  of 5.0. ’ 

Figwe 72 indicates that w i t h i n  the acouracy of the data the  rarp-jet 
unit produced no vsristion’of Cp *,the Mach  number range covered by 
the   tes ts  f o r  conatant  temperature r a t io  Tt .  

. The range of  sirmrlated flight Mach numuar obtained in the   t es t  was 
limited and the  relation of the low Mach  number data t o  possible  high 
Mach  number performance was not obvious; therefore, an estimate based on 
the subsonic test-eb3p.d data .waa-m&de of the  thrust-coefficient  varFatian. 
with flight Mach number. The ccanbmtion-chamber performance in term of 
Mach nunibem and pressure and temperature ra t ios  was held to those values 
obtained i n  the taste  regardless of the   f l lgh t  Mad nuniber. It was 
believed  reaeonable to  restrict  the  cabution-chaniber  inlet  velocity by 
13miting the inlet Mach number t o   t e s t  valyes since most ram-jet burners 
depreciate i n  performance if the air  velocity is inoreased beyond certain 
values. This limitation would be 3mposed physioally by regulation of the 
nozzle exi t  area. *he limitation of the ccrmbustion+dmniber temperature 
r a t i o s   t o   t e s t  values is considered  conservative  since  the higher levels 
of pa?essUres  and temperatures  associated  with  higher flight Maoh rmrmbers 
a re  favorable t o  cambustion. G t h e r  discussion of the   assuqt ions and 
methods used in  the  calculations i e  given in the appendix. 

I 

.. 

. r .  
! 

j 

Two cam8 were calculated, one for a.taaperat-rise r a t i o  of 3.85 
and a ccanbuetioMhamber inlet Mach m e r  of 0.065 ( f ig .  13)  and one 
for a. tempemture+ise r a t i o  of 2.89 and an inlet Mach  mmiber of 0.085 
‘(f ig .  14). F- inlet-to~l-preseursrecovery ra t ios  ~f 80 and 90 percent 
both  figures 13 and 14 show a  continuously ris“ thrust coefficient  with 
flight Mach number3 however, for  180-percent i n l e t ” to t a1~reasu r~recove ry  
r a t i o  both case8 shm a peak thrust  coefficient in the  region of a flight 
Mach nurdb.er ,of 0.25 t o  0.40 and a minimum thrust  coefficient in the region I 

of a f l i gh t  Mach number of 1.0 t o  1;4. - 
In  d i s C ~ 8 8 i ~ g  the  calculated curves C ~ E ~ ~ ~ S O I I B  w i l l  be drawn with 

the test-data curves of figure 12, which d i f fe r  signlf icantly fram the 
calculated curvee i n  that the tes-ta curves are fqr a varfable instead 
of a  constant ccanbuetion+Mniber in le t  Mach nuniber and a constant  instead. * 



of a variable nozzle exi t  area. O n l y  one 
or 14 corresponds i n  every respect w i t h  8 

point from ei ther   f igure 13 , 
group of conditions on the 

test-data plot. Such a point cammon to   f igures  12 and 13 occurs a t  a ‘  
thrust coefficient of 0.367 and a flight Mach  number of 0.375. This point 
has a total-pressure-.recovery r a t i o  of 99.5.percent, a total-tempera- 
t u re   r a t io  of 4.75, a canbbustiomhamber in l e t  Mach  number of 0.065, 
and a nozzle exit  area equal t o  that of the test   setup. 

” 

- 

Moving, i n  figure 13, f r o m  this camom point t o  lcswer- flight Mach 
nunibers along a 99. > t o t a l ~ r e s s u r ~ e c o v e r y - r a t i o  curve resu l t s  i n  
higher thrust coefficients, w h e r e a s  in figure 12 on the  4.7>tnmperatWs 
r a t i o  curve the same procedure  relaults in almost the same thrust  coef- 
f i c i en t .  Hfgher thrust   coefficients-are obtained along the  gg.>total- 
pressure-recoveryaatio  curve because the inlet Mach number and therefore 
the air flow a r e  held  constant by opening up the nozzle exit, but in the 
test-data  curves  the rate of thrust-coefficient  increase is less because 
the nozzle exi t  is held constant and the in le t  Mach  number of 8- mss 
flow is allawed t o  decrease.. However, continued movement t o  lower flight 
Mach numbers- along the gg.>pressur*recovery curve leads t o  a condition 
where relat ively high internal  losses due t o  maintenance of approximately . 

a constant .air flow, a large nozzle exit area, and low ram pressures car+ 
bine t o  reduce the  exlt   velocity  to  the samk order of magnitude as the 
flight velocity, and the thrust coefficient approaches zero rapidly: 
T h i s  s i tuat ion never  occurs in the c o n s t a n t ” n o z z l ~ x i t 4 r e a  case 
( f ig .  1 2 )  because the  inlet  Mach number is allowed t o  decrease and ,the 
internal losses  stay m e  in proportion t o  the decreasing ram pressures. 
Movement frcm the camon  point t o  higher flight Wch  nmders invokes 
arguments converse t o  those for movament in the opposite  direction. The 
htgher rate of decrease in thrust  coefficfent of the  99.mressure- 
recovery  curve w i t h  respec t   to   the   4 .7~tempera turwat io  curve of figure 12 
is principally due t o  the  l imitation of the alr  flaK in figure 13 caused 
by the  decreasing nozzle exit area as c a p r e d  t o  the  constant nozzle 
exi t  area and increasing ,air fiow of figure 12. 

. The final r i s e  in thrust coefficient of  &he curves of figures 13 
and 14 is due t o  the thrust coefficient being referenced t o  flight 
dynamic pressure instead of flight s t a e ; n a t i o ~ r e e s u r e   r i s e ,  a8 is evident 
from the dashed curve of f igure 1.3. 

The thrust  coefficients shoun in figures 13 and 14 for the  supersonic 
flight range a r e  regarded a&  too low t o  be of pract ical  value. The 
possibil i ty of increasing  the  thrust  co-efficient by increasing  the inlet 
Mach  number or air flow and/or the temperature r i s e  w i l l  be shavn in  .a 
later discussion t o  be remote. Therefore, it appears that the t-plate 
burner does  not have direct  application  to supersonic a i rc raf t .  r 

i 



For a given  altitude,  flight Mach nmiber, burner  efficiency, and 
temperature r a t io  T t ,  it is possible  to determine from figures 15 and 16 
the  air flaw and fuel flaw requlreL to obtain a given thrmt ccmdi-r;xorr 
'chosen f r a m  figure 12. Figure 1.5 is a plot of the a5r-fluw pahmeter 
against  simulated flight Mach  number, for constant values of t a p e r a t u r e  
r a t i o  7% The parameter includes the '  quantity etg, which can be determined 
frm t h e  temperature  ratio.. T t ,  the f l i&t  Mach nmDer, and the al t i tuae.  
The maximum deviation of the data f r a a n  the c m e s  was less than I percent 
on the basis of curves of conatant temperature ra t io .  The air-flow param- 
eter  for a ram-3e-b unit with a hypothetical combustion  chamber of 

zero greesure losses, is not a function of the temperature r a t i o  (see 
reference l), but lor an actual  unit with  appreciable  ccanbustian~bamber 
gas fe locitdes the manentlxm pressure  losses  lncreaee w i t h  increasing I 

values of ttmperature  ratio, and it is necessary t o  take into account 
variations In temperature r a t i o  in carrelating  the air-flow requirements. 

Figure 16 is a pbot of the fuel-flaw parameter again& simulated 
f l i gh t  Mach nmber. This parameter includes the burner efficiency, which 
must ei ther  be determAned or assumed i n  order t o  make use of the curve. 
Thq parameter differs fram the one of reference 1 in  that- the  temperature 
ratio.  7% is included to correct for the comhrmkton-chamber ~ O B F . ~ F I R .  With 
the TnclLuerion of this  term the maximum scat ter  of the data was k2 percent. 

wa 

The over-all  efficiency was calculated from 

' This I s  t he   r a t io  of the thrust power t o   t h e  ccnnbuBtian energy i n  the 
fuel and can  be shown t o  be the product of the  burner,  cycle, and p r b  
pulsive  efficiencies. The r a t i o   o f t h e  heat received by the air t o  the 
heat of ccrmbustlon  of the gas is the cmbuetion  efficiency, 

The r a t i o  of the overcal l  efficiency  to the burner  efficiency is equal t o  
the product of the  cycle-and  propulsive  efficiencies and can  be  considered 
as the efficiency wi+h which the heat received by the a i r  l a  converted 
t o  tmst pmer. - . 

. 
I 
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The cycle  efficiency far a hypothetical ram j e t  with pressure 
Usses is given in equation (10) of reference 2 as 

The actual  propulsive  efficiency  ia  given in equation (20) of' reference 2 
as 

The  over-alL effiaiency for a r a m  jet with no pressure losses is therefore 
a function of three variables: burner ef f ioiency, flight Mach rrumber, and 
t"tUr0 ra t io .  

The product of the  actual  cycle and propulsive  efficfemies (as obtained 
by dividing  the over-all efficiency by cabus t ion   e f f iu iemy)   i a  plotted 
asinst '  sbnulated flight Mach number in figure 17 for several temperature 
ra t ios .  A value of 3;6 percent was reached with a temperature ratio of 3 
at a simulated flight Wch rimer of 0 . 9 5  which carrespanded in this 
case t o  an over-all efficiency of 2.04 percent. 

The r a t i o  of the actual  cycle-efficiencF and propuleiv-fficiency pr- 
duct t o   t h e  product of the  cycU and propulsive  efficiencies for a m z 0 8 B  
systam is plotted against the s " b d  flight Mach number in 9 igure 18. 
No reliable trends are  indicated by the data but the  order of mamtude cf 
the ordirgite is 0 .a. I n  this ccmparison the burner efficiency is not a 
factor and the 20"percent drug belaw 100 percent muet be charged t o  internal 
friction,  turbulence  losses, and manentum-pTessure losses occurring in the 
diffuser and cambustion chamber. 

In order t o  determine the contribution  to t h i s  loss chargeable t o  
diffuser losses, pressure measurements were made t o  determine the 
diffwer  efficiency - 

1 

t 

. .  
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A plot  of these  values  a@inst the air-bleed  pressure  coefficient gave the 
c m e  of figure 19 w i t h  a point  scatter of zk l  percen-kmits. The paints 
in figure 19 were f r a n  runf3 with no ccanbuetion using screen  resiatances. 
It is apparent that the diffuser efficiency i B  a function of the pressure . 
and mass-flaw conditione a t  the bleed. and i a  not-affected by ccadbuatian 
as such. The 1aw"pressurscoefficient end of the curve, which drops 
below 99 percent  efficiency, is for very lean mix tures  ( f u e l a i r  r a t io s  
of 0 .022~0r~ les s )  80 that most of the cabustion  data were taken  with a 
"diffuser  efficiency of 99 percent; The high  efficiency is Bue t o  canplete 
removal of the boundary layer at  the  diffuser inlet, thus  preventing  the 
oocurrence-of.boundary  layers of s u f f i c i e n t   t h i c h s s   t o   s e p a r a t e  Within 
the diffuser length. It can  be concluded that the 2o"percent drop below 
the idea l  efficiency must be charged  almost e n t i r e l y   t o  conibuiti- 
chamber mamentm, friction, and turbulence losses; 

T h e  ccrmbustion efficiency is a function of -many variables  including 
the  type of burner, the ccmibuetion-chamber configuration, the pressure 
and- temperature of the  intake a*; the fuel and air distribution,  the 
fuel flaw, the ccanbuetiol+-chamber inlet-air velocity, the fuel-air ra t io ,  
and the type of fuel.  The.fuel flaw and air  flari (8M comequently the 
cabustion-chamber  inlet  velocity and fuel-air r a t io )  were tae  principal 
variables  in the test program. The re lat ion of the measured uambustion 
efficiency  to  them  variables is  illustrated by figure 20, which is a 
family of CUTVBB of conetant  conbustion  efficiency  plotted on coordinates 
of fue l  and a l r  flaws. Superimposed on the principal coordilnates are 
curves of constant ccanbustiorr-chamber inlet velocity,  temperature rise 
through  the  canbustion chamber, and f u e l a i r  ra t io .  A l l  the variables 
plotted in  figure 20 a r e  interrelatedp however, it is possible t o  draw 

apparent f r a m  the .efficiency curves that the lean-mlxLure t-ests were 
not extended t o  high enough  cambuetion-cPlamber ihlet   veloci t ies  t o  
obtain marked decreases in  cambustion efficiency due to approaching the 
blm-out  condition. T h i s  effect  W d d  have caused 8 deCrfB8iq negative 
elope of the lower-value efficiency  curves wi th  increasing air flow a t  
constant Snel f I&. 

' 8- general COnClUSiOnS GOnCerning.th0 Cmbu8tion effiCieIlCy. 1% is 

It is also  apparent that it was samewhat  more e f f i c i e n t   t o  burn 
a gfven quantity of fuel a t  high fuel-air ra t ios  or low a i r  flaws. It 
is  d i f f i c u l t   t o  deduce the  reason for th i s  effect; it is p0SSibk1 that 

! 

b. 

I 
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the  hotter  pilot flame at  the lower air flaws improved the  evaporation 
and ignit ion of the main boiler  fuel,  and it is also  possible  that  the 
lower air flaws allowed the main boi le r   fue l  jets t o  penetrate further 
in to  the a* stream producing a mre haogeneous  mixture. ' Burning a given 
amount of fue l  a t  low afr flm also means bur- at high cabus t ion  
tanperatures, as is indicated  in  figure x). It is poasible that this 
process w8s more eff ic ient  because of the  beneficial   effGct of high 
tanperature on combustion. 

The variable which affected  the  efficiency  to  the  greatest   depee 
is  sham by figure 20 t o  be the fuel flow, eppecially at the highest air 
flaws. There may have been same loss in efficiency w i t h  increasing fue l  
flaws due t o  exceeding the  evaporative  capacity of the  boilers  although 
this effect should have beenminimized  because the  pi lot  fuel flaw waa 
increased  proportionally with the main"boi1er fuel flaw. There  undoubtedly 
is a change in  fuel, fue l4 l r ,  .and air distributions w i t h  increasing fuel 
flow at constant a i r  flm. A locally enriched burning m i x t u r e  should 
create an increased local resis tance  to  air  flow thus enriching the mix- 
ture   fur ther   unt i l  a static  pressure  equilibrium w i t h  the surrounding 
air stream is reached. If the local region is a t  s toichimetr ic  sure 
before  the e n r i c b n t  takes place, the excess fuel may never burn w i t h  
air  from the surrounding  regtons and thus  the over-all c a b u s t i o n   e f f i c i m y  
drops. It is believed that such phenamena. took  place in the region of 
each of the  f ive burners, causing five  retarded  regions surrounded by 
regions of high mass flow rates .  A t  -statim 5 thermocouple and pressure 
measurements taken in  preltminary tests  indicated that the  cabust ion 
had spread between the f i v e  regions farming a central  core of hot gases 
surrounded by a relatively  cool annulua of high mass flaw rate adjacent 
t o   t h e  wall. These phenamena were mbstantiated by visual  observation. 

Because the thirr-platGburner configuration bas the  characterist ic 
of decreasing combustion efficiency w i t h  increasing Rzel flaw, it is 
quite  evident that operation under higbAhrust-output  conditfone, for 
.instance a fuel-air of 0.06 and a ccanbustio-haniber w e t  velocity of 
1-50 feet  per 'second, is not,  feasible. 

It is possible that longer cabust ion chambers might have provided 
bet ter  m i - X i n g  and. more complete cabustion. T h i s  i s  substantiated in  
f igme 21  by the  slope of the curve8 of static  pressure along the combustion 
chamber. The curve6 indicate that for the higher fuel flaws c'abustion 
was s t i l l  proceeding at the end of the ccanbustion  chamber, whereas for the 
lowest fue l  flaw shown the  slope of the curve near the end of the  cabust ion 
chamber is of the same order of magnitude a8 that which w o u l d  resul t  f r a u  
the friction  pressure drop alone. 

I 

I 
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The thin-plste-burner  configuration produced cambustion efficiencies 
ranging between 56 and 72 percent in the ranges of Variables covered by 
the tests. A t  the higher test fuel flars the burners exhibited marked 
decreases in  efficiency w f t h  increasing fuel fluwe, which is believed t o  
be caused by increasing  mildistribution w i t h  increasing fuel flaws. 
Because of t h i s  characteristic, operation of the thin-plat+b&er c o n f i e  
uration under  high-thrust-output c o n d i t i m  is not  considered  feasible. 

The " j e t  unit produced approximately  ccm8tant-thrust  coefficients 
with v a r i a t i o n  of simulated f l igh t  Mach number far curve8 of constant 
ccrmbustiorwAmiber total-temperature ratio,  variable cmbu8tion"chamber 
in le t  Mach  number, and constant nozzle exi t  area. Est-tes of thrust  
coefficients a t  supersonic f l i gh t  speeds for. ccanbustion-chamber performances 
limlted t o  those  obtained in  the t-sta .Broduced value8 regarded as   too low 
t o  be practical .  

T& cycle-effic.iency a d  propuleivs-efficiency  product of the -jet 
unit ~ 8 s  appro-tely 80 percent of that for a nc+pressure-lose unit 
under the same .conditicro+r of' operation. 

T h e  performance of the intake diffuser, which had an area   ra t io  
of 2.14 t o  1 and an equivalent  conical angle of expansion of 160 was a 
unique function of the inlet-boundary-layer thiclsless. Over gg-percent 
diffuser  efficiency was obtained when the bamdary Layer a t  the inlet was 
completely  eliminated. 

Langley Aeronautical Laboratory 
National Advisory Cammittee for Aeronautics 

Langley Air Force B a m ,  Va . 
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APPENDIX 

ESTIMATION OF T k  C O E F E ? C m S  FOR 

1-7 

. The range of shrulated flight Mach  number obtained in the tests 
was limited -and the relat ion of the low Mach  number data t o  possible 
high Mach Iurmber performance was not obvious; therefore, an est-te 
based on the subsonic  teet"etand data was made of t& thrust-coefficient 
variation with f l i gh t  Mach gmiber. The ccanbuetion-chaniber performance 
in  terms of Mach  .numbers and pressure and temperature ra t ios  was held 
t o  those  values  obtained in   t he  test regardless of the  f r ight  Mach 
number. It was believed reasonable t o   r e s t r i c t   t h e  catbustion-chamber 
inlet velocity by limfting  the  inlet Mach  number t o  t e s t  values since 
most rankjet bum.er8 depreciate in performance if the air velocity is 

physically by regulation of the nozzle exft  area. The L-Lmitation of 
the ccrmbustio-hamber t e q e r a t u r e   r a t i o s  t o  test values is considered 

associated-wi$h  higher  flight Mach  numbers are  favorable t o  canbustion. 
It wks further assumed that the fYfction and turbulence loss characteris- 
t i c s  of the ccnribustion  chamber remained unchanged. 

I 

I 

T increased beyond certain  values. This l imitation would be -os& 

i 

.I conservative  since the higher levels of pressures and temperatures I 

In attempting t o  derive  exgressions r e l a t i e  the  temperatures and 
pressures  before and after cabus t ion   i n  a tube of constant  cross-mctional 
area  the problem a r i s e s   a s   t o  haw t o  account for f r i c t ion  and turbulence 
losses.  Actually  friction and. turbulence losses occur along -the ent i re  
length of the chamber, the amount of 1068 over any one section depending - 
on the chamber and burner  design. To a t t q t  %o write such an  exact 
f r i c t ion  loss' distribution into c&'ust.ion equations w d d  be extramely 
d i f f i cu l t .  For the purpose of th i s  presentation it v5ll  be assumed that 
the  over411 loss cdn be represented i n  two parts, the fjrst p a r t  being 
proportional  to  the dynamic pressure before c d u s t i o n  and the second part 
expressed a s  being proportional  to the dynamLc pressure a f t e r  cauibustion, 

-thus  the sum of K3q3 and K ~ Q  is equal t o  the total loss. On this  
basis the  following.expression8 can be  written: 

I 
. .  

f 
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An ingpectfon of the  equations  reveals  that a simultaneous solution is 
possible which expresses  the  total-pressure r a t i o  as a  f'unction of Mach 
nmiber before cauibus-tion, total-temperature ratio,   fr iction  coefficients,  
specific heats, and gas constants. A G O ,  through use of equations (Al) 
and ( A 2 )  it is possible t o   e q r e s s  total-pressure  ratio as a  function of 

specific  heats.  Figure 22 illustrates  these  functions for standard a i r  
values of the r a t i o  of specific  heats and the  gas  conatant and approximately 
the value of f r i c t ion  loss and distribution corresponding t o   t h e   t e s t  
---jet cambusti-on  chamber.  The plot a m m s  that the  frictio-loss 
coefficients ramain constant for a l l  conditione of canbustiwhamber 
qperation. A test-data  plot, similar t o  that of figure 22, is presented 
in   f igure 23, which waa used t o  determine the total-pressure r a t i o  across 
the  canbustion chamber in the  supersonic  thru8t;;coefficient  calculations. 
A canparison of,  the hypothet-fcal ccenbustion-chamber characteristics and 
the  actual  ~Plaracterist ics is made in  f igure 24. A n  inspectfon of the 
figure  reveals  that  a  closer  camprison probably  could have been attained 
by choosing a hypothetical.ccanbustion chamber with a slightly lower friction- 
loss coefficient  concentrated more heavily at  the  ccanbustimhamber  outlet. 

- Mach nunibqrs before and after ccrmbustion, friction  coefficiente, .and 

I 

I 
I 
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U s i n g  equation ( l ) , . f i p e  23 and standard air values of specific 
heats ana the @;as constant, thrust coefficients were calculated for assumed 
values of flight IMach number, com3ustio~hnmher inlet Mach n&er and 
total-temperature-rise  ratio, and diffuser  total-gressur+.recover~ r a t io .  
Figures 25, 26, 27, and 28 present  calculated  curves of constqnt th.ruet 

i&t Mach rimer for flight mch numbers of 1.0 and 2 .O with diffuser 
total-pressure-recoverr  ratios of 80 and u30 percent. The curves  indicate 
that the  highest srxpersonic flight thrust  coefficients are obtained a t  
the test-data boundary which extends f r c n n  high t aupe ra tu rwise   r a t io s  
and moderate inlet Mach nunhers t o  high inlet Mach numbers an& moderate 
temperature4rise ratios. Therefore, in order to  indicate  the  variation 
w i t h  flight Mach  number of approximately  the maa-llmna thrust coefficient, 
two conditions along this boundary of in le t  Mach number and temperature- 
r i s e   r a t i o  were chosen. T h i s  variation is i l lus t ra ted  in figures 13 and 14 
and is discussed under the section  "Results and D i f 3 c ~ ~ E i ~ . "  

. coefficient  plotted on ordinates of total-teqerature-rise  ratio and 

. 

I 

I 
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Figure 2.- Thh+plate-burner unit w i t h  
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.Figure 3.- k d i f i e d  mnvaporizfng pilot-burner houaing. - - .  
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Figure 4.- DiagramnatrLc sketch of inlet diffuser. - 
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Figure 7.- Sketch of ram-jet unit a esm+tube layouts and referenae stations. 
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(a) (pt5 - po) plotted agaimt peroent of mxhtum blower speed. 

Figure l0.- Plot of average total pressure at exhaust noezle ,exit. - 
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Figure 11.- Relation of reduced thrust t o  s b i l a t e d  flight h c h  number for values of conetant ' 

temperature ratio, - 
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Figure 12.- Relation of thrust coefficient to ahnilat& f l ight  k h  der for valuee of conatant 
temperature ratio,  with fixed nozzle exit area and variable M3. E - s 
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Figure 15.- Relation of reduced air-flow parameter to simulated flight 
h c h  number. - 
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Figure  18.-Relation t o  himulated Flight Mach number of  the r a t i o  of the 
actual cycl-fficiency and propu18ive”efficiency product t o  that of 
a ne-pressure-lose ayetem. - 
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Figure 20 .- Relation of conbustion eff ic ienoy q, t o  fuel and air flow 
w i t h  superimposed curires of conetknt fuel-air. ratio,  cambuetion 
temperature rise 

Region covered by I+, curve8 represents limits of test' data. 
(Tts - Tt3) , and combustion-dlpnber in le t  velocity V3. - 
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Figure 21.- Conibusti-hamber longitudinal+all  static-pressure 
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0 ./O .ZO .30 .40 .so .60 
Combustion-chamber inlet Mach number, M3 

- L  

Figure 22.” W o t h e t i c d  cmkustion-charuber characteristics 
for IC3 = 0.27 and K4 = 0.18. 

. -  



I r 



0 

Figure 24.- Comparison of hypothetical and test combustion-chber 
chazacteristice. - 



. . _  . .   . .  

,. . U 

I 

I 

.os 

""_ 

. /2 

Figure 25.- Calculated thrus6 ooeff lo lents.  '40 = 1.0; - F+J3 - - 1.0. - PtO 
- . .  . . ... . . . .  . . . . . . . 
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Figure 26.- Calculated thrust coefficients. M, = 1.0; 9 = 9.8, Pt - t0 
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Combustion-ahambr inlet  Maah number, M3 

Figure 27.- Calculated thrust coefficient. = 2.0; 3 = 1.0. - Pto 
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